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Abstract

The growing competitiveness in the commercial space market has raised the in-

terest in operating small spacecraft at very low altitudes. To make this feasible,

the space industry has started developing propulsion options tailored specifically

to these platforms. This paper presents a review of emerging micropropulsion

technologies and evaluates their applicability to microsatellite missions in the

altitude range 250 − 500 km. The results of the proposed analysis are demon-

strated on two different remote sensing applications.

Keywords: Space Propulsion, Microsatellite, Low Earth Orbit,

Station-Keeping

1. Introduction

In the last years, major satellite manufacturers have presented development

programs for small multimission platforms, with the objective of delivering low-

cost communications and Earth observation (EO) data, see, e.g., [1, 2, 3, 4, 5].

Most of these platform are designed to operate on a Low Earth Orbit (LEO),5

in order to contain the mission cost. In fact, the size and power consumption of

optical and radar instruments scale with the orbital altitude, for a given instru-

ment performance. Thus, a low operational altitude opens up the possibility
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of embarking high-performance payloads on board small and cheap commercial

satellites.10

The potential to further reduce the cost of these missions has raised the

interest in operating microsatellites in orbits with an altitude below the con-

ventional LEO range. These are commonly referred to as very low Earth orbits

(VLEO), and feature an altitude between 250 km and 500 km. A number of

recent studies have shown the benefits of this approach in terms of performance15

and cost [6, 7, 8, 9, 10]. Very low Earth orbits may also represent an effec-

tive measure to prevent space debris proliferation, due to the low debris impact

probability at altitudes below 500 km [11]. On the other hand, the large atmo-

spheric drag forces present at these altitudes can result in a severe perturbation

of the orbital geometry or even a rapid decay of the orbit, unless a suitable20

station-keeping program is adopted. For instance, the 6 kg Dove-1 spacecraft

developed by Planet Labs [12] was released in a 250 km orbit and reentered the

atmosphere after 6 days.

Miniaturized chemical and electric propulsion (EP) systems represent vi-

able options for station-keeping of microsatellites. Potential technologies in-25

clude cold gas, resistojet, monopropellant, electrostatic and electromagnetic

thrusters [13, 14, 15, 16, 17]. Due to the microsatellite form factor, the in-

tegration of a propulsion system is subject to stringent mass, volume and power

constraints [18]. Hence, the propulsion system design must be carefully evalu-

ated, especially for missions involving drag compensation [19, 20, 21].30

Motivated by the challenges outlined above, this paper presents a review

of propulsion options suitable for VLEO microsatellites. The different options

are evaluated and compared for spacecraft in the 10 − 100 kg class and mis-

sion altitudes in the 250 − 500 km range. The most significant features of the

considered technologies (deliverable thrust, specific impulse, power, lifetime,35

propellant type) are taken into account. The proposed analysis is demonstrated

on two EO case studies involving different satellite and propulsion architectures.

The rest of the paper is organized as follows. Section 2 gives an overview on

small satellite VLEO missions and introduces the mathematical models used in

the following analysis. The main features of existing micropropulsion options40

are summarized in Section 3. These are compared in Section 4, by means of
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parametric studies in which the requirements of the considered missions are

taken into account. Case study applications are discussed in Section 5, and

some final considerations are outlined in Section 6.

2. VLEO microsatellite missions45

The ability to provide low cost, independent access to LEO for small satel-

lites is currently seen as a strategic asset by several national and international

organizations, see, e.g., the ALTAIR project within the Horizon 2020 frame-

work [22]. The feasibility of operating small commercial spacecraft in VLEO is

investigated in a number of recent studies, see, e.g., [9, 19, 23]. The following50

benefits are commonly acknowledged:

• Increased payload mass to orbit;

• Improved optical resolution and radiometric performance;

• Better compliance with space debris mitigation policies;

• Improved responsiveness and reduced mission cost.55

Some representative examples are reported below to illustrate these points.

The payload mass which can be delivered to orbit by two dedicated small

satellite launchers (Electron rocket under development at Rocket Lab [24], and

air-launched Pegasus rocket developed by Orbital ATK [25]) is reported in Fig. 1.

It can be seen that lowering the orbital altitude, from e.g., 800 km to 400 km,60

allows one to increase the payload mass delivered to orbit by up to 45%. Given

that the ground sampling distance scales linearly with the altitude h and that

the radiometric power density is proportional to 1/h2, this also improves the

performance of optical and radar instruments, so that smaller instruments can

be used to meet a given performance requirement. Since the spatial density of65

debris objects at altitudes below 500 km is at least ten times lower than that

found at an orbital altitude of 800 km [26], one has a much smaller debris impact

probability. Moreover, the aerodynamic drag forces present at low altitudes

ensure an end-of-life deorbit time which is well below the 25-year IADC guideline

[27]. Based on these considerations, the cost analysis presented in [10] for EO70

missions shows that VLEO microsatellites can significantly reduce the mission
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Figure 1: Launcher payload to LEO.

cost with respect to larger spacecraft flown at higher altitudes, for a fixed ground

resolution and coverage performance (although a full account of the orbital decay

due to drag and of the propulsion system cost is not given). The same conclusion

is reached in [7] for spacecraft exploiting EP to counteract the drag force.75

On the other hand, the integration of a propulsion system on board space-

craft with severe mass, volume and power limitations poses important techno-

logical and operational challenges. These are addressed in the following for the

satellite missions under consideration.

2.1. Mission characteristics80

Very low Earth orbits are particularly useful for EO missions [10, 19]. The

following assumptions are commonly made for these missions: (i) the satellite is

released in a near-circular, Sun-synchronous orbit; (ii) a frozen orbit configura-

tion is adopted, which nullifies the perturbation of the orbital eccentricity and

argument of perigee due to the Earth oblateness [28].85

In this paper, the orbit altitude is treated as a free parameter taking values

in the interval 250−500 km. The effect of minor perturbations on the orbital in-

clination is not considered (the resulting ground-track shift can be counteracted

with a negligible fuel consumption by introducing a small offset in the reference

semi-major axis, to be tracked by the orbit control system [29]). The spacecraft90
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Table 1: Microsatellite parameters

Configuration Mass m (kg) Side-length l (m) Power p (W)

C1 100 0.65 100

C2 10 0.25 15

bus layout is modeled as a cube. Two microsatellite configurations are consid-

ered, based on upper and lower bounds on the launch mass m, bus side-length

l, and nominal power p generated by the solar panels. The values selected for

these parameters, reported in Table 1, are consistent with the characteristics

of existing platforms with body-mounted solar panels (see, e.g., the PROBA-V95

bus [30]). The drag coefficient is fixed to Cd = 2.2 for the two configurations.

The NRLMSISE-00 atmospheric model [31] is adopted to describe the lower

thermosphere. The solar flux and magnetic indices are set respectively to

F10.7 = 220 and Ap = 40 for a high solar and geomagnetic activity (denoted by

HA), and to F10.7 = 75 and Ap = 5 for a low one (denoted by LA). The mag-100

nitude fd of the aerodynamic drag force is modeled by the well known equation

fd =
Cd

2
l2 ρ v2, (1)

where ρ indicates the average atmospheric density and v is the tangential ve-

locity of the spacecraft. The evolution of the orbit semi-major axis a, due to

perturbations, is modeled by the differential equation [32]105

ȧ = 2

√
a3

µ

u− fd
m

, (2)

where u is the thrust delivered by the propulsion system and µ is the standard

gravitational parameter of the Earth. Equation (2) is used with u = 0 to

determine the orbital decay time for the parameter combinations in Table 1.

The results are reported in Fig. 2 for the C1/C2 configurations and the LA/HA

profiles. It can be seen that the lifetime of an uncontrolled spacecraft will not110

exceed one year for initial altitudes below 350 km. Also notice that smaller

satellites (i.e., close to the configuration C2 in Table 1) tend to decay faster,

since the ratio l2/m is actually bigger for these platforms.
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Figure 2: Orbital decay time.
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Figure 3: Drag force magnitude (y-axis on the left) and total required impulse per year (y-axis

on the right) in logarithmic scale.

2.2. Station-keeping requirements

Let us assume that the orbital decay due to drag must be compensated by115

means of a propulsion system, and that the thrust vector is aligned with the

drag force. The total impulse required for drag compensation on a time interval
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T , expressed in years, can be computed as

J = fd · 86400 · 365 · T. (3)

The total impulse per year (i.e. T = 1) is reported in Fig. 3 for the altitude

range of interest, together with the magnitude of the drag force. Clearly, the120

thrust and total impulse which can be delivered by the propulsion system must

be greater than fd and J , respectively.

Many space propulsion technologies constrain the engine to operate in on-off

mode, so that u(t) ∈ {0, ft} in (2), where ft is a fixed thrust level. For these

technologies, the engine duty cycle D ∈ [0, 1] must satisfy125

D =
fd
ft
, (4)

in order to generate the total impulse needed to counteract the drag force.

Notice that (4) holds under the assumption that the orbital altitude is kept

reasonably close to the nominal one (i.e., if fd is approximately constant). The

number of engine cycles is dictated by the duty cycle and by the desired control

accuracy. In the considered application, the thruster activation frequency can130

be in the order of one firing per day.

2.3. Mass, volume and power constraints

The propellant mass mP required for station-keeping is computed as

mP =
J

g0 Isp
, (5)

where Isp denote the engine specific impulse and g0 = 9.8 m/s2 is the standard

gravity. The wet mass of the propulsion system is estimated as135

mPS = mP +mS , (6)

where mS indicates the combined mass of the thruster, the propellant storage

and supply system (dry), the power conditioning and distribution system, and

the energy storage system (if present). The propulsion system mass fraction is

then given by

ζ =
mPS

m
, (7)

where the satellite launch mass m is fixed as in Table 1. Feasible values of ζ are140

usually below 0.4 [19].
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Equation (5) can also be used to compute the volume V of the stored pro-

pellant, according to

VP =
mP

ρP
, (8)

where ρP is the propellant density. The propulsion system volume is defined as

145

VPS = VP + VS , (9)

where VS is the additional volume dictated by the propulsion technology (thruster,

propellant supply system, power conditioning and distribution system, energy

storage system). The volume fraction is then

γ =
VPS

l3
, (10)

where l3 denote the spacecraft bus volume. Feasible values of γ are typically

below 0.3.150

The power available on average on board the spacecraft is modeled as

pA = β p, (11)

where 0.5 ≤ β ≤ 1 denotes the fraction of the orbital period in which the solar

panels are exposed to the Sun and p is given in Table 1. The average power

consumption of the propulsion system is estimated as

pS = DpI = Dk ft = k fd, (12)

where pI denotes the instantaneous power consumption when the thruster is155

firing and k is the power-to-thrust ratio of the engine. Power constraints are

taken into account by defining the average power fraction

η =
pS
pA
. (13)

Feasible values of η are usually below 0.3 [19]. Finally, notice that pI in (12)

may be greater than pA in (11). Indeed, for spacecraft equipped with an energy

storage unit, pI can be even larger than p. For example, the NASA iSat mission160

will demonstrate a 200 W Hall thruster on board a 12U, 60 W powered bus [33].

In the following, it is assumed that the mass, volume and power fractions

must satisfy ζ ≤ 0.4, γ ≤ 0.3 and η ≤ 0.3, respectively. A detailed study of these

requirements, for the propulsion technologies described in the next section, will

be presented in Section 4.165
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3. Micropropulsion options

Miniaturized chemical and electric propulsion systems represent viable op-

tions for application to microsatellites. The main features of these technologies

and the specifications of some engine models are summarized in this section.

3.1. Cold gas thrusters170

Cold gas thrusters (CGT) consist essentially of a valve and a nozzle. They

produce thrust by releasing the gas contained in a pressurized tank, so that

no gas heating takes place. In principle, any gas can be used as propellant.

However, mostly nitrogen, helium and butane are used in practice, because

these gases are highly inert and have a reasonably low molecular mass. CGT175

are among the simplest type of propulsion that can be installed on a spacecraft.

They are relatively lightweight, require a small amount of power and have a

strong flight heritage. Typically, the combined mass of the thrusters and the

propellant supply system is well below 2 kg and the power consumption is less

than 10 W (valve activation).180

A major drawback of this technology is the very low specific impulse and

therefore the low fuel efficiency, which restricts its applicability to missions with

relatively low total impulse requirements. Another shortcoming concerns the

need of a pressurized propellant (for CGT fed by nitrogen and helium), since

current regulations do not allow for the integration of high-pressure tanks on185

Table 2: Characteristics of cold gas thrusters

Manufacturer Moog Moog Marotta Selex ES MicroSpace Vacco

Model 58X125A
58E143

58E146

Micro

Thruster

Micro

Thruster
MEMS MiPS

Propellant N2 N2 N2 N2 N2 Butane

Thrust (mN) 4.4 16-40 50-2360 0.001-0.5 0.1-10 53

Mass (g) 9 40 < 70 300
300 (dry)

Self-cont.

453 (dry)

Self-cont.

Power (W) <10 <10 <1 <1 <2 <1

Isp (s) 65 >60 65 >60 50 >60

Response (ms) 2.5 2.5 5 <100 2 <10

Min. Ibit (mN·s) <44 <0.001 0.002 0.55

Tot. cycles >1.5·104 5·105 5·108 8·104

Status
Flight qual.

(SAFER)

Flight qual.

(CHAMP)

Flight qual.

(ST-5)

Flight qual.

(GAIA)

Flight qual.

(AlmaSat)

Flight qual.

(MEPSI)
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board very small satellites that are typically launched as piggyback payloads

(see, e.g., C2 in Table 1). The specifications of some nitrogen CGT models are

reported in Table 2, where Isp denotes the thruster specific impulse. [34, 35].

3.2. Resistojet thrusters

The working principle of resistojet thrusters is similar to that of CGT. In190

addition, the propellant is heated by an electrical resistance to improve the fuel

efficiency, at the price of an increased power consumption. The latter can be as

high as 100 W, with a typical value of about 30 W at 20−40 mN thrust. Hence,

some resistojet models may not be compatible with very small satellites, unless

a suitable energy storage unit is adopted. The lifetime of this type of actuator195

is strongly influenced by the number of thermal cycles which can be sustained

by the resistance element. These can be in excess of 10.000, for a total impulse

capacity in the order of 104 Ns. The resitojet technology is compatible with both

gaseous propellants, such as nitrogen and xenon, and two-phase propellants that

are stored as a liquid, such as butane. In the second case, the vapour pressure200

is used to feed the thruster, while thruster heating ensures that no liquid-phase

propellant is expelled. Butane resistojet systems are particularly well-suited

for microsatellites, since they do not require high pressure tanks and regulation

valves [36]. The specifications of several of resistojet models are summarized in

Table 3 [37].205

Table 3: Characteristics of resistojet thrusters

Manufacturer SSTL SSTL Sitael Mars Space NanoSpace Vacco

Model
Low power

Resistojet
N20 Rjet XR-100 VHTR MEMS CHIPS

Propellant
Xe,

Butane
N20 Xe Xe N2, He, Xe R134a

Thrust (mN) 20-100 125 125 100-200 0.01-1 30

Mass (g) 90 1240 220 250 115
1.5U Pack.

(wet)

Power (W) 15, 30, 50 100 80 >100 2 25

Isp (s)
48 (Xe)

90 (Butane)
127 63 80-100 50-75 82

Tot. imp. (N·s) 5.6·103 1.6·105 4·104 >104 680

Temp. (deg) 500◦ 700◦ 1950◦

Status
Flight qual.

(Proba-2)

Flight qual.

(UoSat-12)

Under

Develop.

Under

Develop.

Flight qual.

(PRISMA)

Under

Develop.
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3.3. Liquid monopropellant thrusters

Liquid monopropellant thrusters are chemical rocket engines that exploit the

combustion of liquid propellants, consisting of fuel and oxidiser components, to

produce thrust. They can be operated in blow-down mode: the propellant stored

in a diaphragm tank is pushed by the pressurant through a catalyst bed and210

decomposes, initiating an exothermic reaction. Liquid monopropellant thrusters

are simpler and more reliable than bipropellant thrusters and are restartable, in

contrast to solid propellant thrusters. For these reasons, they are often preferred

to other types of chemical engines in low and intermediate delta-v applications,

such as those considered in this paper. Their power consumption is less than215

15 W (engine preheating and valve activation), while their specific impulse lies

between 220 s and 240 s, depending on the propellant type.

Hydrazine thrusters have a strong flight heritage and those delivering about

1 N of thrust can be easily integrated on board microsatellites. Due to the high

toxicity and flammability of hydrazine, however, stringent safety precautions220

have to be taken throughout the whole process from design to launch. This

adds high shipping costs and expensive filling operations to the already high

cost of the propellant itself. For these reasons, green propellants such as LMP-

103S and AF-M315E have been recently considered as a possible alternative to

hydrazine [38, 15]. They offer a marginally increased performance and storage225

density at a significantly lower cost and risk. The specifications of some liquid

Table 4: Characteristics of liquid monopropellant thrusters

Manufacturer Thales Airbus DS
Aerojet

Rocketdyne
ECAPS Vacco Busek

Model RCT-1N 1N GR-1 HPGP ADN MiPS BGT-X5

Propellant Hydrazine Hydrazine AF-M315E LMP-103S
LMP-103S

AF-M315E
AF-M315E

Thrust (N) 1 1 1 1 0.1×4 0.5

Mass (g) 230 290 330 340
1800 (wet)

Self-cont.

1500 (wet)

Self-cont.

Power (W) <15 <15 <12 <10 <15 <15

Isp (s) 220 220 231 235 >200 220

Tot. imp. (N·s) 1.2·105 1.3·105 2.3·104 5·104 1.8·103 565

Min. Ibit (mN·s) 43 8 10 2 30

Tot. cycles 3·105 6·104 104 6·104 106

Status
Flight qual.

(IRIDIUM)

Flight qual.

(Globalstar)

Fight ready

(GPIM)

Flight qual.

(PRISMA)

Under

Develop.

Under

Develop.
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monopropellant engines are reported in Table 4 [14].

3.4. Electrostatic/electromagnetic thrusters

Electrostatic and electromagnetic engines accelerate a ionized propellant to

high velocity by using electrical energy, in order to produce thrust. Potential230

options for microsatellites include miniaturized Hall (HET) and radio-frequency

(RF) ion thrusters, using gaseous propellants, as well as field emission (FEEP)

and pulsed plasma thrusters (PPT), using liquid and solid propellants, respec-

tively. Their specific impulse is in the 600−4500 s range. Hence, their propellant

consumption is by far lower than that provided by CGT, resistojet and mono-235

propellant thrusters. As a rule of thumb, HET and RF thrusters should be

preferred for applications involving 100-kg-class satellites (see, e.g., configura-

tion C1 in Table 1), thanks to their relatively high thrust and total impulse

capacity. FEEP and PPT thrusters, on the other hand, can be considered

for smaller satellites or attitude control applications, due to their lower thrust,240

power consumption and impulse capability.

Disadvantages of these technologies include the high power consumption,

the need of a complex power processing unit (PPU) and the low technological

readiness level, which make their integration on board small satellites relatively

challenging. Another concern for HET and RF thrusters is the requirement245

of a pressurized tank, usually storing xenon. To circumvent this issue, iodine

propellant has been recently proposed as an alternative to xenon [39]. Iodine can

be stored as a solid with very low vapour pressure, and heated when necessary

to produce the gas required for thruster operation. It provides approximately

the same performance as xenon but can be stored in a lower volume, and at250

a much lower pressure. A iodine-fed HET will soon be demonstrated by the

NASA iSAT mission [33].

Concerns have also been raised on the survivability of EP systems in the LEO

environment. Nevertheless, a number of studies aimed at investigating HET

performance concluded that catodhes can survive in a relatively low vacuum255

environment (10−4 mbar), see, e.g., [40]. Similar conclusions have been reached

in [41] for FEEP thrusters. The PPT technology is not seriously affected by

viscous effects. Even if some interactions can take place, they cannot deteriorate

the performance of the thruster to the point where its functional operation is

12



Table 5: Characteristics of electrostatic/electromagnetic thrusters

Manufacturer Airbus DS Busek Aerospazio Sitael FOTEC Mars Space

Model RIT-µX BIT-3 HET-70 HT-100 IFM 350 Nano NanosatPPT

Type RF RF HET HET FEEP PPT

Propellant Xe I2, Xe Xe Xe Indium Teflon

Thrust (mN) 0.01-2.5 0.3-1.6 3.5 6-18 0.001-0.5 0.09

Mass (g) 440 200 900 400
1000 (wet)

Self-cont.

350 (wet)

Self-cont.

Power/Thrust

Ratio (W/mN)
30 42 22 20 80 55

Isp (s) 300-3000 1000-3500 1000 1000-1600 1500-4500 640

Tot. imp. (N·s) 2·105 >3.5·104 >5·104 (goal) >5·104 5·103 >190

Status
Under

Develop.

Under

Develop.

Under

Develop.

Under

Develop.

Under

Develop.

Under

Develop.

at risk. Finally, HET and RF thrusters have been proposed for the so-called260

RAM-EP technology, i.e. they may able to ingest atmospheric constituents and

use them as propellant [42].

The main features of different thruster models are reported in Table 5 [37,

17, 16, 43]. It should be noted that FEEP engines can also be fed by cesium

(see, for instance, the FT-150 thruster developed by SITAEL) or ionic liquid265

propellants, as outlined in [44]. The layout of an HET system is reported in

Fig. 4, where the following components are shown: (i) the thruster unit (TU),

including the accelerator stage (TA) and the cathode (TC); (ii) the propellant

storage and supply system (PSSS), consisting of a gas tank (PSS), the pressure

Propellant
Power

PSS

PPU

PRS

FU

XFC

TA

TC

PCDS

PSSS

Thruster

Figure 4: Layout of an HET system
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regulation system (PRS) and the xenon flow controller (XFC); (iii) the power270

conditioning and distribution system (PCDS), including the PPU and the filter

unit (FU), which is required to match the PPU output with the dynamics of

the TU.

4. Propulsion system feasibility analysis

In the following, the propulsion unit mass, volume and power fractions are275

evaluated and compared for the technologies under consideration, based on the

requirements in Section 2. Three specific impulse levels are considered:

(i) Isp=70 s, which is representative of nitrogen CGT, butane resistojets and

high performance xenon resistojets (see Tables 2-3);

(ii) Isp=230 s, which is consistent with that of liquid monopropellant thrusters280

(see Table 4);

(iii) Isp=1000 s, which can be considered as a baseline value for electrostatic

and electromagnetic thrusters (see Table 5).

The quantities mS in (6) and VS in (9) are estimated as in Table 6. For

cold gas, resistojet and monopropellant thrusters (Isp=70, 230 s), the estimates285

are based on the characteristics of the typical micropropulsion components and

the specification of the self-contained propulsion unit in Tables 2-3. PSSS,

PCDS and energy storage systems designed for low-power xenon HET/RF

thrusters (see Fig. 4) are considered for Isp=1000 s [45, 46]. Notice that the

dry mass of the propellant tank is fixed to 15% of the propellant mass for290

CGT/resitojet/monopropellant thruster and to 30% (considering the features

of small xenon tanks) for HET/RF systems. In a first approximation, the vol-

ume of the propulsion system is assumed coincident with the propellant volume

for CGT/resistojets. For instance, the volume of the Vacco MiPS unit in Table 2

amounts to just 1% of the C2 bus volume. A pressurant volume equal to 25% of295

the propellant volume is taken into account for liquid monopropellant thruster,

while VS is set constant and equal to the combined volume of the PCDS, PRS

and energy storage systems for HET/RF thrusters [47].
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Table 6: Parameters mS and VS

Type CGT, Resistojet Monopropellant HET/RF

C1
mS = 1 + 0.15mP

VS ≈ 0

mS = 2 + 0.15mP

VS = 0.25VP

mS = 10 + 0.3mP

VS = 0.016

C2
mS = 0.5 + 0.15mP

VS ≈ 0

mS = 1 + 0.15mP

VS = 0.25VP

mS = 3 + 0.3mP

VS = 0.001

The power-to-thrust ratio k in (12) is treated as a free parameter taking

values in the interval 0 − 80 W/mN, to account for the specifications of the300

considered technologies.

4.1. Mass fraction

Equation (7) is used to evaluate the propulsion system mass fraction for the

different mission scenarios and propulsion architectures. Some representative

level curves of the function ζ, which meet the constraints in Section 2.3, are305

depicted in Fig. 5 for the altitude range of interest and a mission design life
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Figure 5: Propulsion system mass fraction ζ (level curves).
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between T = 1 and T = 7 years. Clearly, ζ is a function which increases with

the mission lifetime and decreases with the orbital altitude. Also, notice that a

lower bound on ζ is imposed by the system mass which does not depend on the

amount of stored propellant, reported in Table 6. For instance, ζ ≥ 0.3 for the310

C2 configuration equipped with HET/RF thruster.

It can be seen that HET/RF systems are advantageous for the C1 configu-

ration at mission altitudes close to 250 km in the LA case, and below 350 km in

the HA case. Monopropellant thrusters are preferable in the altitude intervals

285− 340 km (LA case) and 350− 450 km (HA case), while cold gas and resis-315

tojet thrusters can be considered for higher altitudes. For the C2 configuration,

it should be noticed that HET and RF systems provide only a marginal per-

formance improvement over monopropellant ones, due to their relatively high

dry mass. Moreover, long duration missions are clearly not possible at altitudes

below 300 km for satellites close to the configuration C2 in the HA scenario.320

4.2. Volume fraction

The propulsion system volume fraction γ is evaluated by using Eq. (10). We

consider nitrogen, butane, LMP103-S, xenon and iodine propellants, with the

characteristics reported in Table 7.

Some representative level curves of the function γ are depicted in Fig. 6 for325

the orbital altitudes and the mission durations of interest. Different combina-

tions of specific impulse levels and propellant types are reported, which model

the characteristics of the considered technologies. These results basically con-

firm the performance figures seen in Section 4.1 for the different options. Besides

Table 7: Stored propellant characteristics

Propellant Density ρP (kg/m3) Pressure (N/m2)

Nitrogen 0.28 · 103 250 · 105 (gas)

Butane 0.53 · 103 3 · 105 (liquid)

LMP-103S 1.24 · 103 < 25 · 105 (liquid)

Xenon 1.60 · 103 120 · 105 (gas)

Iodine 4.90 · 103 < 1 · 105 (solid)
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Figure 6: Propulsion system volume fraction γ (level curves).

the specific impulse, the propellant density has a key impact on the volume of330

the propulsion system. This is evident for RF and HET thrusters fed by xenon

or iodine, for which the mass fraction in Fig. 5 is lower than the volume fraction

(the density of these propellants is much greater than the overall bus density

assumed in Table 1). Also notice that gaseous propellants are not considered

for the C2 configuration, in compliance with current regulations on 10-kg-class335

satellites.

4.3. Power fraction

The propulsion system power fraction is evaluated by using (12). The results

are identical for the configurations C1 and C2, since both the available power

and the drag force are proportional to l2. Some representative level curves of the340

function η are depicted in Fig. 7 for the power-to-thrust ratios k and the mission

altitudes of interest, with β = 1. Eclipse conditions (β < 1) are taken into

account by scaling the level curves by β (see (11)-(13)). Clearly, η is a function

which increases with k and decreases with the altitude. Since the power-to-
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Figure 7: Propulsion system power fraction η (level curves).

thrust ratio k is dictated by the propulsion technology (see, e.g., Fig. 5), one345

can easily find the altitudes ranges corresponding to feasible values of of η (i.e.

η ≤ 0.3). In particular, it can be seen that CGT, resitojets and monopropellant

technologies, whose k is typically below 2 W/mN, are largely unaffected by

power constraints. HET and RF thrusters are suitable for mission altitudes

down to 250 km in the LA case and above 300−350 km (depending on β) in the350

HA case. PPT/FEEP thrusters meet the power constraints for altitudes above

260/280 km in the LA setting and 350/370 km in the HA setting.

5. Earth observation case studies

Propulsion candidates for a specific application can be identified by evalu-

ating the characteristics reviewed in Section 3, against the system requirements355

defined in Section 2 and analyzed in Section 4. For commercial missions, the

cost is usually one of the most important drivers in the selection of the propul-

sion system while for scientific missions the performance requirements can push

the project to more complex and expensive technological solutions. A detailed

assessment of operational and cost implications is complex because the infor-360

mation on many of the considered technologies is not homogeneous in several

important factors (cost, development time, integrability) [21].
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Some preliminary technical and economic considerations can still be drawn

on the basis of the analysis presented in the previous section. For EO microsatel-

lite missions, it is advisable to use a low-power propulsion system. Simultane-365

ous thruster and payload operation should be avoided due to power, plume and

thrust noise constraints. Cold gas, resitojet and monopropellant technologies

are advantageous in this regard because they can be fired in short bursts, but

may not be feasible for mission altitudes below 350 km (especially in the HA

case, see Figs. 5-6). EP systems with a relatively low power-to-thrust ratio,370

such as HET and RF thrusters, can be considered for these scenarios. The

applicability of self-contained EP unit based on FEEP/PPT technologies (see,

e.g., Table 5) is essentially limited by power constraints for FEEP systems, due

to their relatively high power-to-trust ratio, and by a very low thrust and total

impulse capability for PPT (which, however, can be increased by using multiple375

units). In order to meet the instantaneous power demand pI of EP thrusters,

the integration of a suitable energy storage unit (i.e. batteries) may be required.

The total cost of an EO mission can be in the order of 1 M$ for a 10 kg

spacecraft and of 10 M$ for a 100 kg one (see, e.g., [48]), including 30 k$

per kilogram of satellite mass due to launch costs [49]. Currently, the cost of380

space qualified HET and RF systems is greater than 1 M$, while that of the

other technologies considered in Section 3 can be one order of magnitude lower

[50]. Hence, HET and RF systems may be not economically viable for smaller

spacecraft. This may change in the near future, in view of the trend towards

reducing the cost of electric propulsion [20, 21]. Ground-based orbit control385

can be another significant cost factor, which can be minimized by adopting an

autonomous station-keeping program, see, e.g., [8].

Based on these considerations, Figures 8-9 summarize the recommended ap-

plication areas for the propulsion options and the satellite configurations under

consideration. Two case studies are reported in the following, which fall into390

the two configuration classes considered in this paper.

5.1. C1 configuration, LA case

As an example of configuration C1, consider a high-resolution EO mission

performed by a 100 kg microsatellite orbiting at an altitude of 275 km. The

most significant mission parameters are reported in Table 8. The considered395
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Figure 9: Application areas of micropropulsion options: C2 configuration.

payload has an aperture diameter of 0.2 m (e.g., NAOMI imager [51]), which

leads to a 0.7 m ground sampling distance (GSD).

In Fig. 2, it can be seen that the orbital decay time for this mission is in

the order of weeks. Hence, a propulsion system is required to achieve the target

design life of 4.5 years. With the help of Fig. 8, we observe that the considered400

operational altitude restricts the suitable propulsion candidates to HET and RF

thrusters. Among those in Table 5, we choose the HET-70 under development

at Aerospazio Tecnologie [45]. The thruster is operated at its nominal thrust
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Table 8: Mission parameters: C1 configuration

Orbit type: Sun-synchronous

Orbit altitude: 275 km

Repeat period: 1 day

Activity: LA

GSD: 0.7 m (PAN)

Design life: 4.5 years

Table 9: Propulsion system design: C1 configuration

Tot. imp. J 7·104 Ns

Isp 1000 s

Delta-v 726 m/s

Thrust ft 3.5 mN

Duty cycle D 0.143

No. cycles 2550

Mass fraction ζ 0.2

Volume fraction γ 0.075

Power fraction η 0.1−0.2

ft = 3.5 mN and instantaneous power level pI = 77 W. This is possible by

using two 1 kg, 200 Wh lithium polymer batteries (see, e.g., [33]), for an overall405

energy storage capacity of 400 Wh. The two batteries also provide the ability

to fire the engine during eclipses (see, e.g., [52]). Since the average drag force

is 0.5 mN (see Fig. 8), Eq. (4) gives a duty cycle D = 0.14. Hence, the payload

can be used for a time fraction of up to 1 −D = 0.86. In Fig. 7 (LA case), it

can be seen that the power fraction of the HET-70 system (k = 22 W/mN) is410

η = 0.1 for β = 1. This increases to η = 0.2 for β = 0.5 (see (11)-(13)). Hence,

the power constraint η ≤ 0.3 is met for any local mean solar time of passage

(i.e., for all β ∈ [0.5, 1]). Figure 5 (C1, LA case) indicates that the mass of the

propulsion system is 20 kg (ζ = 0.2). According to (6)-(7) and Table 6, about

7.7 kg of xenon propellant are required for ζ = 0.2. The propulsion system mass415
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Figure 10: Semi-major axis tracking error obtained with the control law (14).

is distributed as follows: 7.7 kg of propellant, 2.3 kg for the storage tank, 7.1 kg

for the PCDS and the propellant supply system, 2 kg for the batteries and 0.9 kg

for the HET-70 thruster. Figure 6 shows that the propulsion system volume is

less than 10% of the spacecraft bus volume (γ < 0.1). A spherical titanium tank

with diameter of 21 cm is compatible with the above requirements and can be420

used for propellant storage.

In order to analyze in more detail the performance of the propulsion sys-

tem in terms of firing maneuvers duration, number of engine cycles and power

breakdown, a relay control law with hysteresis is applied to system (2). This

amounts to choose425

u(t) =


3.5 mN if a ≤ ar − h1

0 if a ≥ ar + h2

fp otherwise,

(14)

where ar denotes the reference semi-major axis, h1 > 0 and h2 > 0 define the

hysteresis of the controller, and fp = 3.5 mN if a ≤ ar − h1 occurred more

recently than a ≥ ar + h2, fp = 0 otherwise. More advanced strategies can

be conceived to account for ground-track and maneuver location requirements,

see for instance [29]. System (2),(14) has been numerically integrated for a430

time interval of 2.6 days, with h1 = h2 = 200 m. The error signal a(t) − ar
is reported in Fig. 10. The thruster is fired once every 15.45 hours for a time
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period of 2.12 hours, for an energy expenditure of 163 Wh per maneuver. The

resulting duty cycle closely matches the one estimated by using (4). Based on

these data, the number of engine cycles required by the station-keeping program435

is estimated as 2550 for the entire mission design life. The propulsion system

design is summarized in Table 9.

It can be concluded that a considerable fraction of the satellite mass, volume

and power is available for the payload and the other spacecraft subsystems, and

that the payload operability is only marginally affected by the application of the440

HET system. Notice from Fig. 7 that the same conclusion cannot be reached

for the HA case (in order to meet η ≤ 0.3 in this case, one must have k ≤ 14

W/mN). This is consistent to what shown in Fig. 8.

5.2. C2 configuration, HA case

As an example of configuration C2, consider a low-cost EO mission per-445

formed by a 10 kg microsatellite carrying an optical payload (aperture diameter

of 0.1 m), at an altitude of 370 km. The main parameters of the mission are

summarized in Table 10.

In Fig. 2, it can be seen that the orbital decay time for this mission is in the

order of few months. Once again, a propulsion system is required to achieve the450

target design life. Figure 9 suggests the application of liquid monopropellant

or FEEP thrusters. Let us consider first the HPGP monopropellant thruster

developed by ECAPS (see Table 4), which is fed by a green propellant and has

been flight qualified within the PRISMA mission [53]. Since the average drag

force is fd = 0.065 mN (see Fig. 9) and the nominal thrust level is ft = 1 N,455

Eq. (4) gives a very small duty cycle D = 6.5 · 10−5. Hence, the payload

operability is mostly unaffected by station-keeping operations. According to (2),

a station-keeping maneuver must be performed once every two days to keep the

orbit semi-major axis within ±1 km from the reference. The duration of each

firing is about 10 s, which is above the minimum firing time of the thruster.460

Power constraints (see Fig. 7) are clearly met because the power-to-thrust ratio

k of the engine is smaller than 10−2 W/mN (see Table 4). According to Fig. 5

(C2, HA case), the mass of the propulsion system is 3 kg (ζ = 0.3). About

1.7 kg of LMP103-S propellant are needed for ζ = 0.3. Figure 6 shows that the

propulsion system volume amounts to approximately 10% of the bus volume465
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Table 10: Mission parameters: C2 configuration

Orbit type: Sun-synchronous

Orbit altitude: 370 km

Repeat period: 3 days

Activity: HA

GSD: 2 m (PAN)

Design life: 2 years

Table 11: Propulsion system design: C2 configuration

Tot. imp. J 4.1·103 Ns

Isp 230 s

Delta-v 452 m/s

Thrust ft 1 N

Duty cycle D 6.5·10−5

No. cycles 365

Mass fraction ζ 0.3

Volume fraction γ 0.1

Power fraction η <9·10−5

(γ = 0.1), which leaves a considerable fraction of the latter available for the

other spacecraft subsystems. The propulsion system design is summarized in

Table 11.

Compared to the HPGP, the IFM 350 Nano unit under development at

FOTEC (see Table 5), which is a 1 kg (wet), 10×10×10 cm3 module containing470

the whole system (TU, PSSS, PCDS) [16], would lead to lower volume and mass

fractions. Moreover, the 5 · 103 Ns total impulse which can be delivered by this

unit is well above the required one. On the other hand, a constant illumination

of the solar panels is necessary to meet the power constraints, due to the high

power-to-thrust ratio (80 W/mN) of the engine. In fact, Fig. 7 indicates that475

η ≤ 0.3 is barely met for β = 1, and Fig. 9 shows that the considered mission

altitude is at the border of the FEEP application area. Therefore, the satellite
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must be operated in a dawn/dusk orbit. This last requirement can be relaxed

by installing deployable solar arrays which may, however, induce more drag and

increase the cost of the spacecraft.480

6. Conclusions

Propulsion options suitable for station-keeping of microsatellites in very low

Earth orbits have been reviewed and compared. The developed analysis and

design tools enable a rapid assessment of the applicability of these technologies

to missions featuring different satellite layouts, operational altitudes and design485

life. Applications involving remote sensing microsatellites of different size have

been investigated in detail and appear to be feasible, provided that the propul-

sion system is carefully chosen to meet the satellite (mass, volume, power) and

operational (duty cycle, lifetime) constraints. The propulsion system cost is

another critical factor to be taken into account in the comparison. A detailed490

cost analysis will be addressed by future works, as soon as the considered tech-

nologies will reach a more defined commercial status.
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neering at the Università di Pisa in 1990. Since his grad-

uation he worked as a Researcher and then as a Project

Manager in various theoretical and experimental projects

related to electric satellite propulsion, aerothermodynam-

ics and spacecraft systems. During the year 2000 he joined690

AEROSPAZIO Tecnologie s.r.l. working as Senior Scientist and Manager on

programs related to on-orbit application of electric propulsion.

32


	Introduction
	VLEO microsatellite missions
	Mission characteristics
	Station-keeping requirements
	Mass, volume and power constraints

	Micropropulsion options
	Cold gas thrusters
	Resistojet thrusters
	Liquid monopropellant thrusters
	Electrostatic/electromagnetic thrusters

	Propulsion system feasibility analysis
	Mass fraction
	Volume fraction
	Power fraction

	Earth observation case studies
	C1 configuration, LA case
	C2 configuration, HA case

	Conclusions

